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ABSTRACT

The implementation of the Non-Linear Vortex Lattice
Method in the CHAMPS framework is presented. Devel-
opments are made with the aim of improving the predic-
tion of pressure distributions in the region near the root
of the wing with physics-based modifications. The vis-
cous coupling algorithm is modified to better take into ac-
count compressibility effects on swept wings. A method-
ology to better capture the spanwise variation of the flow
caused by the wing-body geometry while computing the
database used for the viscous coupling is tested. Results
for the isolated modifications are shown. The results of
the complete methodology applied on classical test cases
of the DLR F4 wing-body and the High-Speed Common
Research Model wing-body are shown. Improvements in
shock prediction are observed however limitations asso-
ciated to drag overprediction are identified.

1. INTRODUCTION

Potential methods based on a distribution of discrete per-
turbations to represent the geometry of a body are use-
ful tools in the context of early aircraft design phases
because of their low computational cost compared with
other higher fidelity methods such as Reynolds-Averaged
Navier-Stokes (RANS) equations solver [16]. They can
in particular model adequately the spanwise distribution
of the induced angle of attack on a wing caused by a lift
distribution. These methods in their original forms are
limited by their underlying assumptions of inviscid, in-
compressible and irrotational flow.

These limitations can be partially overcome by adding

corrections to the original potential equations to take
into account the phenomena that would otherwise be ne-
glected. Many such approaches have been tested in the
literature. Notably, to consider some compressibility ef-
fects up to the transonic regime the Prandtl-Glauert trans-
formation can be used. To consider additional phenom-
ena such as viscosity and shocks, coupling the poten-
tial method with higher fidelity data is a popular method
that has been applied by numerous authors with various
methodologies, as compiled in the literature [20].

The work presented in this paper uses a methodol-
ogy of this type, based on coupling a Vortex Lattice
Method (VLM) with two-dimensional viscous data com-
puted from a RANS solver to correct the local lift and
drag coefficients using strip-theory. This method is re-
ferred to as Non-Linear Vortex Lattice Method (NL-
VLM) and is implemented in the CHAMPS framework
developed at Ecole Polytechnique de Montréal [13][11].

While the method has demonstrated a good agreement
with higher fidelity solvers and experimental data in low-
speed and transonic conditions, the prediction of shocks
in transonic conditions near the fuselage in the root re-
gion of the wing has been identified as a limitation of the
method. In one previous work [4], the method was seen
predicting shocks in this region when a gradual pressure
decrease was observed experimentally. In another pre-
vious work [8], the method predicted the appearance of
large shocks that caused stalling of the wing sections near
the fuselage in transonic conditions, which did not match
with numerical results computed using a more computa-
tionally intensive 3D RANS method.

Based on this observation, modifications to the imple-
mentation of NL-VLM were tested in this paper with the



goal of improving the prediction of shocks on wing-body
configurations in the wing region near the fuselage in
transonic flow conditions.

The numerical implementation of the NL-VLM al-
gorithm without the modifications is first summarized.
A more detailed description of the modifications to the
methodology compared with previous implementations is
then presented. Numerical results obtained on the wing-
body configurations of the DLR-F4 and Common Re-
search Model geometries in transonic conditions are fi-
nally shown. The effects of the modifications on these
test cases are then discussed.

2. INITIAL NON-LINEAR VORTEX
LATTICE METHOD IMPLEMENTA-
TION

The NL-VLM implementation is based on a potential
three-dimensional method, a two-dimensional higher fi-
delity method to create a viscous database, a coupling al-
gorithm to correct the potential method with the viscous
database and a methodology to compute the total forces
over the body from the coupled system. The initial imple-
mentation of these main steps is presented in this section.
The NL-VLM in the CHAMPS framework is already de-
scribed in the literature [11], as such unchanged parts of
the methodology are briefly summarized to the extent re-
quired for the subsequent description of the modifications
applied in the context of this work in Sec. 3.

2.1 Three dimensional potential method

To model the three-dimensional geometry, a potential
method with hybrid elements is used. The geometry is
considered to be an assembly of two categories of bodies.
The first category is made of lifting surfaces, which are
considered to be thin bodies. In the case of this work, this
category is used for wing surfaces. These bodies are mod-
eled using a classical vortex-lattice method [6]. A struc-
tured grid is placed over the planform of the wing, sim-
plified as being flat between the leading edge and trailing
edge. Vortex ring elements are then placed at the quarter
length of the structured grid elements.

The second type of bodies are non-lifting bodies,
which are considered to be bluff bodies. In the case of this
work, this category is used for fuselages. These bodies
are modeled using an unstructured constant source pan-
els method, the panels being placed over the surface of
the bodies.

For both types of elements, a Neumann boundary con-
dition of velocity tangent to the element is imposed. This
condition is verified at a control point placed at the center
of the element in the case of the source panels and at 3/4

of the length of the elements for the vortex rings, which
allows the vortex rings to create lift with a slope corre-
sponding to thin airfoil theory [1][15]. The complete sys-
tem considering both vortex ring and source panel ele-
ments is solved to compute the intensity of the perturba-
tions. To improve the accuracy of the model in transonic
conditions, the Prandtl-Glauert transformation is applied
to both types of elements [2].

2.2 Viscous database

The viscous database consists of tables of lift, drag and
moment coefficients of an airfoil for a range of an-
gles of attack. These coefficients are obtained with the
CHAMPS RANS equations solver, which is a solver us-
ing a cell-centered finite-volume approach. A more de-
tailed description of the solver and its capabilities is out-
side the scope of this work but is available in the liter-
ature [13]. These tables of coefficients are computed for
airfoils representing chosen sections along the span of the
wing. The database is then interpolated along the wing
span so that a corresponding local viscous database is al-
located to every wing strip.

Since wing sweep has an important effect on flow
fields around airfoils, it has been shown that simply using
a 2D RANS simulation is insufficient to obtain solutions
that match experimental results both in force coefficients
and pressure distribution [4]. Wing sweep effects are
considered in the viscous database calculation through
a 2.5D approach to consider an infinitely swept wing of
constant geometry instead of a straight wing. This is done
using a “sheared-mesh” approach in which a 2D mesh is
extruded in a third dimension over 1 cell. The extrusion
direction is aligned with the quarter-chord sweep angle of
the wing. A periodic boundary condition is then applied
on the side faces of the mesh created during the extrusion.
An alternative is to directly implement the 2.5D hypoth-
esis in the RANS equations, removing the need for halo-
cells [5]. The former method can be viewed as a discrete
form, the latter as a continuous form. In this paper, the
discrete form is used.

2.3 Viscous Coupling

The method uses a coupling between the inviscid method
and a viscous database to include non-linear effects. This
coupling is done only on lifting elements by forcing the
chordwise sections of the wing in the potential flow to
match the lift of their corresponding viscous database
at their effective angle of attack. To enforce this, the
algorithm used is inspired by Van Dam’s o-coupling
method [17], which consists in rotating the normal vector
of the elements by a viscous coupling correction angle to
influence the vortex intensity of the elements. The cou-
pling methodology, similar to the loosely coupled algo-



rithm used by Gallay and Laurendeau [4], is summarized
as

1. Compute the sectional lift coefficient of the local
strip in the inviscid potential flow using the Kutta-
Joukowski theorem [6]

2. Compute the local effective angle of attack ¢, from
the theoretical lift slope of the wing section.

3. Obtain through interpolation the lift coefficient at
the computed effective angle of attack from the vis-
cous database.

4. Update a viscous coupling correction angle based on
the difference between the two lift coefficients.

5. Apply a rotation to the normal of the elements in the
section corresponding to the viscous coupling cor-
rection angle.

These steps are repeated iteratively for each chordwise
strip of elements until the difference between the viscous
and inviscid lift coefficients is sufficiently small, at which
point the update to the viscous correction angle will tend
toward zero and convergence is considered achieved.

2.4 Force Coefficients Computation

The lift and moment coefficients are computed from the
potential solution using the Kutta-Joukowski theorem.
The drag coefficient is computed in two parts. The in-
duced drag is computed using a Trefftz plane [6] and the
viscous and pressure components of the drag are com-
puted by integrating the corresponding drag coefficients
at the effective angle of attack of the viscous database
for each wing section. Both contributions are summed to
obtain the total drag. A more detailed description of the
methodology is available in a previous presentation of the
method [11].

3. MODIFICATIONS TO THE NL-VLM
IMPLEMENTATION

The three modifications applied to the NL-VLM are the
use of a new equation to compute the local effective angle
of attack, taking into account the taper of the wing in the
viscous database computation and adding a new bound-
ary condition in the computation of the viscous database
to model the perturbation effect of the fuselage.

3.1 Calculation of the local effective angle
of attack

The coupling algorithm presented in section 2.3 com-
putes the local effective angle of attack by dividing the

inviscid lift coefficient of the section by a theoretical lo-
cal lift slope value.

The collocation points in the VLM method are placed
to ensure a local slope of 27 in the case of an infinite
unswept wing with no other transformation being ap-
plied in accordance with the 1/4-3/4 rule of Pistolesi [15].
The Prandtl-Glauert correction and the presence of sweep
however have an influence on the lift slope of the ele-
ments.

In a previous work [14] these effects are considered
with two distinct multiplying factors, so that

2ncos(P)
C o iﬂV = QN 1
N () M

B=V1-m @)

where @ is the sweep angle of the quarter-chord of the
wing, B is the Prandtl-Glauert transformation factor and
M is the Mach number of the freestream. In another pre-
vious work the lift slope used is taken for each section
directly from the linear part of the lift slope in the vis-
cous database [7]. In this work, the lift slope used is the
theoretical lift slope of an infinite swept wing in a po-
tential field where the Prandtl-Glauert transformation has
been applied, derived in the literature [2] as

2ncos(P)
CLa,inv = .
\/[32 cos2 (@) + sin? (P)

3)

In the two limiting cases of an unswept wing and a
Mach number of zero, Eq. 1 and Eq. 3 are equivalent.
They however differ when both effects are present simul-
taneously. To validate this approach, the VLM code with-
out viscous coupling is used on the case of a swept wing
with an aspect ratio of 1000, which is close to an infi-
nite wing. The sweep angle used is 26.57 degrees and
the Mach number used for the Prandlt-Glauert transfor-
mation is 0.85.

It can be seen in Fig. 1 that the new theoretical lift
slope is closer to the numerical results than the previous
method. Using the approach of estimating the effective
angle of attack by assuming that the local lift slope cor-
responds to the infinite swept wing case with the local
section geometry, the new method is considered more ac-
curate than the previous formula to compute the effective
angle of attack. In contrast with the method of using the
linear section of the viscous slope shown in the literature,
this method is only based on inviscid flow and as such is
considered more representative of the numerical method.
It also does not require the delicate step of identifying the
linear part of the viscous slope for every wing section.
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Figure 1: Comparison of the initial and modified lift slope
with the numerical results of the VLM on an near-infinite
swept wing (Ma=0.85, ¢$=26.57°)

3.2 Consideration of tapered geometry in
viscous database

As mentioned in Sec. 2.2, a 2.5D sheared-cell approach is
used in the initial method. This deformation of the mesh
only considered the quarter-chord sweep of the wing sec-
tion. However, the difference in sweep between the lead-
ing edge and the trailing edge in a tapered wing could
lead to differences in flow solutions, particularly near the
stall angle.

The region of the wing near the fuselage is usually
more tapered than the outboard sections of the wing for
transonic transport aicraft, this difference being visually
identifiable at a kink in the wing trailing edge. For this
reason, a new mesh deformation method was tested to
model the taper effect during the viscous database com-
putation for sections in this region. This new method con-
sists in varying the extrusion direction of the 2D mesh
based on the location relative to the airfoil.

The mesh points located upstream of the leading edge
of the airfoil are moved in the direction of the leading
edge sweep. The extrusion direction of the mesh points
located between the leading edge and trailing edge varies
linearly between the leading edge sweep and trailing edge
sweep so that the taper ratio is applied to the extruded
mesh. Finally, the points located downstream of the trail-
ing edge are moved in the direction of the trailing edge
sweep. To keep the airfoil section consistent, a vertical
scaling corresponding to the taper ratio is also applied
to the mesh points located between the lowest and high-
est points of the airfoil. A schematic representation of
this extrusion method from a top-view can be seen in
Fig. 2. The airfoil is shown with continuous lines and the
mesh extrusion direction is shown in dashed lines. Us-
ing this methodology, the taper effects are considered di-

rectly by the physics of the solver similarly to recent 2.5D
approaches [5][3], in contrast with other approaches for
taper effects in the literature based on subsequent correc-
tion of non-tapered results [19].

2D 2.5D  2.5D tapered

Figure 2: Schematic top view of the extruded mesh with
2D, 2.5D and 2.5D tapered geometries

This varying deformation has the effect of creating a
difference between the geometries at the end of the ex-
trusion. In the limiting case of a large enough extrusion,
mesh cells in the airfoil region would eventually cross and
create negative volumes. Even before this limiting case,
a large variation of chord could have a non-negligible im-
pact on the average Reynolds number of the flow over the
airfoil. To avoid these effects, a parametric study is done
on the extrusion length of the airfoil and its impact on the
obtained aerodynamic coefficients. The results, shown in
Fig. 3, indicate that the results tend to converge when a
sufficiently small extrusion length is used. Based on these
results the extrusion length used in this work for a tapered
geometry is fixed at five percent of the chord.

To validate the hypothesis that this modification al-
lowed the solver to capture physical phenomena caused
by the tapered geometry, a comparison is made between
the surface solution obtained with the tapered extrusion
and the original 2.5D method. The test case corresponds
to the airfoil at the wing root of the High-Speed Com-
mon Research Model (HS-CRM) geometry [18], used no-
tably in the fifth AIAA drag prediction workshop [10].
The flow conditions are those of the first test case of the
workshop, namely a Mach number of 0.85 and a global
Reynolds number of 5 000 000 which corresponds to a
Reynolds number of 8 461 600 relative to the local chord
since the global Reynolds number uses the mean aerody-
namic chord as a reference length.

A top-view of the wall shear stress lines in Fig. 4 and
Fig. 5 before stall for each configuration reveals that there
is higher convection by a crossflow in the 2.5D case com-
pared with the 2.5D tapered case near the trailing edge
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Figure 3: Lift coefficient for various angle of attacks us-
ing tapered extrusion method relative to the inverse of
the extrusion length (Ma=0.85, Re=8.46e6, ¢rg=37.1°,
07£=9.8°)

of the airfoil. This behavior is expected and shows that
the method is able to capture the difference caused by the
geometry. A comparison of the lift coefficients in Fig. 6
shows the impact of this difference on the stall behavior.
Notably, a steeper loss of lift is observed in the 2.5D ta-
pered case after the onset of stall. It is also noted during
testing that this mesh modification significantly hampers
the convergence of the solver. In some instances, stabi-
lization techniques such as Selective Frequency Damp-
ing [12] are used to obtain converged solutions.
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Figure 4: Wall shear stress lines and y-direction shear
stress contour for the 2.5D case at an angle of attack of
1.0 (Ma=0.85, Re=8.46¢e6, ¢;=37.1°, ¢7£=9.8")
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Figure 5: Wall shear stress lines and y-direction shear
stress contour for the 2.5D tapered case at an angle of at-
tack of 1.0 (Ma=0.85, Re=8.46e6, ¢;=37.1°, ¢7£=9.8")
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Figure 6: Lift coefficient curves comparison between the
2.5D geometry and the 2.5D tapered geometry (Ma=0.85,
Re=8.46¢e6, ¢r=37.1°, o7=9.8°)

3.3 Consideration of fuselage effect on
crossflow in viscous database

The last modification aims to model the fact that, near the
root of the wing, the presence of the fuselage reduces the
crossflow over the wing. In the initial implementation,
this variation in crossflow is not considered in the com-
putation of the viscous database since the 2.5D approach
assumes an infinite swept wing and as such no spanwise
variation of crossflow.

To model this variation of crossflow, the boundary con-
ditions applied on the extruded 2.5D mesh are modified.
Instead of a periodic boundary condition on the faces of
the mesh in the extrusion direction, a symmetry condition
is applied on the face at the inboard side of the extruded



airfoil. A zero-order extrapolation boundary condition
is applied to the outboard side face so that the values of
each conservative variable are copied in their correspond-
ing halo cell. This approach creates a spanwise variation
in the crossflow between the two extrusion faces of the
mesh.

This approach is tested on a near-root airfoil section of
the DLR-F4 wing body. This geometry was used in the
first drag prediction workshop [9] and has also already
been tested in a previous work with a NL-VLM approach
using a RANS 2.5D database [4]. The flow conditions
correspond to the first test case of the workshop, which
are a lift coefficient of 0.5, a Reynolds number of 3 000
000 using the mean aerodynamic chord as the reference
length and a Mach number of 0.75. In this previous work
the shock prediction in the section with pressure measure-
ment nearest to the fuselage did not match the experimen-
tal results.

The test case is first solved with the initial NL-VLM
implementation to obtain a spanwise lift distribution.
Four 2.5D polars are used to create the original viscous
database, using the root section, the kink section with two
different sweeps corresponding to the wing sweep before
and after the kink and the wing tip section. The airfoil
section at 18.5% of the span away from the symmetry
plane is then extracted and the local lift coefficient ob-
tained through the initial NL-VLM solver is used as a
reference for the section. This section is selected because
it is the nearest section to the fuselage for which pressure
measurements were taken in experimental testing.

The section is then tested with the CHAMPS RANS
solver in its local flow conditions using the original 2.5D
approach and the modified boundary condition approach,
each time matching the same section lift coefficient. In
both cases, an extrusion distance of 1 chord is used. The
goal of this test is to investigate if the modification of
the boundary condition improves the agreement between
the pressure coefficients of the RANS solver and the ex-
perimental result. The pressure coefficients distribution
obtained in Fig. 7 shows that the modified boundary con-
ditions approach predicts a distribution closer to the ex-
perimental results. In particular, the shock over the up-
per surface predicted in the original 2.5D approach is not
present with the new approach.

Since the new boundary conditions create a variation in
crossflow between the two extrusion faces of the mesh, it
is expected that varying the extrusion length would have
an impact on the result. This is confirmed in Fig. 8 and
Fig. 9, showing a parametric study of the extrusion length
when using the one-sided symmetry approach. This para-
metric study is on the same HS-CRM root airfoil test case
shown in Sec. 3.2. The same results with the original
2.5D approach are also shown for comparison. The aero-
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Figure 7: Pressure coefficients comparison of the 2.5D
and 2.5D with symmetry condition approach at equiva-
lent lift with experimental results (Ma=0.75, Re=3.92¢6,

0./4=21.0°)

dynamic coefficients tend toward the 2.5D results when
the extrusion length becomes large. This is expected
and reflects the fact that since the extrusion is done over
only one cell in which the solver assumes a linear varia-
tion and that one face imposes a null crossflow, increas-
ing the distance between the two faces reduces the span-
wise component of the crossflow gradient since the vari-
ation is performed over a larger distance. In the limit-
ing case of an infinite-length extrusion, the results would
converge toward the original 2.5D case. When applying
the one-sided symmetry methodology, two behaviors are
observed. The first one is an increase in Cr,,,, and of the
stall angle of attack. The second one is a global increase
in drag.

0.6

0.4 |

0.2 |

CL

Figure 8: Parametric study of extrusion length when
using a symmetry condition at root for lift coefficient
against angle of attack and comparison with 2.5D ap-
proach (Ma=0.85, Re=8.46¢6, ¢./4=31.4°)

The extrusion length impact is problematic for two rea-
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Figure 9: Parametric study of extrusion length when
using a symmetry condition at root for lift coefficient
against drag coefficient and comparison with 2.5D ap-
proach (Ma=0.85, Re=8.46¢6, ¢./4=31.4°)

sons. The first one is that it was observed in the tapered
geometry database investigation in Sec. 3.2 that the extru-
sion length has an impact on the results and that a small
extrusion length relative to the chord is desirable. The
second reason is practicality, since modifying a mesh is
a more time-demanding procedure compared to varying a
numerical coefficient, particularly if multiple values must
be tested for a parametric study. To avoid these diffi-
culties, a new boundary condition is implemented in the
RANS solver. For this boundary condition, the density
and pressure of the interior cell are copied in the halo cell,
while the velocity is set so that a predetermined percent-
age of the normal velocity through the face of the bound-
ary is canceled. The implementation is summarized as:

Phalo = Pin

Phalo = Pin
Vx,halo = Vx,in — Zk(l_/’m . fi) <Ny 4)
Vy.halo = Vy,in — 2]((17," }_’i) -y
Vz,halo = Vz,in — Zk(l_;m ﬁ) -ng

where p is the density, p is the pressure, V is the veloc-
ity at the cell center and 7 is the unit normal vector for
the boundary face. The halo cell and the interior cell are
identified with their respective indices and the x,y and
z indices identify the directional components of vectors.
The parameter k is the normal forcing factor and is set by
the user. In the limiting case where k = 1.0, the bound-
ary condition is equivalent to a symmetry condition. In
the limiting case where k = 0.0, the boundary becomes
a zero-order extrapolation like the periodicity condition
used in the original 2.5D approach.

A parametric study of the variation of this normal forc-

ing factor in Fig. 10 with a constant extrusion length of
5 percent of the airfoil chord shows that as expected,
the behavior of the aerodynamic coefficients follows the
same trend when increasing the normal forcing factor as
when reducing the extrusion length with the root sym-
metry condition in Fig. 9. Based on these results the
new normal forcing boundary condition with an extru-
sion length of 5 percent of the chord is used to generate
the viscous databases in the following results.
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Figure 10: Parametric study of the k normal forcing fac-
tor when using the modified boundary condition for lift
coefficient against drag coefficient and comparison with
2.5D approach (Ma=0.85, Re=8.46¢0, ¢./4=31.4°)

4. NUMERICAL RESULTS ON WING-
BODY CONFIGURATIONS

To analyze the effect of the new modifications on the
complete NL-VLM solver, the NL-VLM with the mod-
ifications presented in Sec. 3 is used on wing-body con-
figurations. The same test cases are also run with the NL-
VLM implementation without the modifications to the
viscous database for comparison. It should be noted that
the modification to the inviscid slope used in the effective
angle computation and presented in Sec. 3.1 is used in
both cases. This allows the analysis to focus on the effect
of the viscous database modification, the improvement in
effective angle computation by the slope modification al-
ready having been showcased.

The first considered test case is case 1 of the first
drag prediction workshop, which consists in enforcing
a lift coefficient of 0.5 for the DLR-F4 wing-body ge-
ometry [9]. The flow conditions are a Reynolds num-
ber of 3 000 000 and a Mach number of 0.75, which
are transonic conditions. For the NL-VLM computation,
the viscous database is assembled from 4 RANS polars.



One is computed at the root of the wing, two are com-
puted on each side of the kink of the wing to account for
the sweep variation and one is computed for the tip air-
foil section. For the new implementation, a normal forc-
ing factor of 0.05 is used for the inboard normal forcing
boundary condition in the root section database compu-
tation, based on a parametric study to identify an ade-
quate value to avoid an increase of drag that would be too
important. The wing surface solution is generated from
the NL-VLM results through an interpolation of the sur-
face solution of the RANS results used to assemble the
database. The pressure coefficients of these reconstructed
solutions are compared to the experimental pressure mea-
surements from the ONERA wind tunnel for the first drag
prediction workshop in Fig. 11 and Fig. 12. The sections
considered are the two sections closest to the fuselage
available.
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Figure 11: Comparison of the reconstructed solution
of the initial NL-VLM and the modified implementa-
tion with experimental measurement as reference for the
DLR-F4, section at 18.5% of the span

The results show that the new implementation avoids
overpredicting a shock near the wing root. This overpre-
diction of the shock by the unmodified method is consis-
tent with results from a similar previous work [4]. Some
discrepancies with experimental measurements are still
present, notably in the second section measured along the
span.

To analyze the effect of the modifications on the aero-
dynamic coefficients predicted by the NL-VLM, an angle
of attack sweep is done on the DLR-F4 geometry in the
same flow conditions and compared with experimental
results from ONERA. For the drag computation, a con-
stant value of 0.009 corresponding to wind tunnel mea-
surements is added to the NL-VLM Cp result to model
the fuselage drag since no viscous coupling is applied
on the body. The results, in Fig. 13 and Fig. 14, show
that while the modifications allow the method to predict a
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Figure 12: Comparison of the reconstructed solution
of the initial NL-VLM and the modified implementa-
tion with experimental measurement as reference for the
DLR-F4, section at 23.8% of the span

higher stall angle and maximum C;, which is closer to the
experimental results, the drag seems to be overpredicted
compared with experimental data. The drag predicted by
the initial method is closer to the experimental results for
lower angles of attack. As it was observed that the nor-
mal forcing modification to the viscous database caused
an increase in the drag coefficient, these results seem to
indicate that the overprediction of drag is a downside of
this modification.
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Figure 13: Lift coefficient against angle of attack of the
original and modified NL-VLM implementation and ex-
perimental data for the DLR-F4 geometry in transonic
conditions

A second test case is considered consisting of the
high-speed Common Research Model wing-body geom-
etry [18]. The first case of the fifth drag prediction work-
shop is used for the flow conditions, which are a lift coef-
ficient enforced at 0.5, a Reynolds number of 5 000 000
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Figure 14: Drag coefficient against angle of attack of the
original and modified NL-VLM implementation and ex-
perimental data for the DLR-F4 geometry in transonic
conditions

and a Mach number of 0.85. The CRM wing shows sig-
nificant airfoil variation along its span, and for this rea-
son, in this case, 12 sections are considered to assemble
the viscous database, distributed roughly at every 10% of
the span from the root to the tip with the addition of the
wing kink for which a section on either side is considered
to take the sweep and taper change into account. Due to
the instability in the nonlinear RANS solver caused by
the tapered geometry modification to the database men-
tioned in Sec. 3.2, the tapered geometry modification is
only applied to the first viscous section. The normal forc-
ing factor used for the RANS boundary condition varies
from 0.1 for the first section to 0.04 to the second and
0.01 for the third. The other sections are considered suf-
ficiently far from the fuselage for this modification to be
unnecessary.

The pressure coefficients over the reconstructed solu-
tion are again compared with experimental results from
the National Transonic Facility for the same case for two
sections near the fuselage in Fig. 15 and Fig. 16. It is
again observed that while discrepancies are present be-
tween the NL-VLM and experimental results, the mod-
ified method is closer to the experimental pressure co-
efficients. In particular, the strong shocks predicted by
the initial method near the wing root are not present in
the modified method. The presence of these shocks in
the original method is consistent with results from pre-
vious work on the same case, where it was reported that
this wrong prediction near the wing root caused an early
stalling of the inboard wing section [8].
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Figure 15: Comparison of the reconstructed solution of
the initial NL-VLM and the modified implementation
with experimental measurement as reference for the HS-
CRM, section at 13.1% of the span
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Figure 16: Comparison of the reconstructed solution of
the initial NL-VLM and the modified implementation
with experimental measurement as reference for the HS-
CRM, section at 20.1% of the span

S. CONCLUSION

The aim of this paper was the exploration of methods to
improve the prediction of shocks by the NL-VLM for
transonic conditions in the region of the wing near the
fuselage. To achieve this, three modifications to the orig-
inal implementation were explored and integrated. The
results obtained indicate that the modifications allow a
more reliable prediction of flow physics. However, some
discrepancies with experimental results remain and while
the normal forcing correction seems to improve the shock
prediction for sections near the fuselage, caution should
be taken about the drag increase it causes.
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